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RESEARCH MEMORANDUM 
THE EFF:EX;T OF INLET INSTALLATION ON THE ZERO-LIFT DRAG OF 
A 600 DELTA-WING--BODY CONFIGURATION FROM FLIGHT 
TESTS AT MACH NUMBERS FROM 0.8 TO 1.86 
By Charles F. Merlet 
SUMMARY 
Zero-lift drag results are presented for two 600 delta-wing config-
urations employing air inlets. One model had twin conical-shock semi-
circular scoops installed just ahead of the wing-body juncture. In the 
other model, the wing section was modified over the inboard portion of 
the wing to allow installation of modified triangular inlets in the wing 
leading edge. Mass - flow ratios of 0.72 to 0.90 for the conical-shock 
• inlets and from 0.94 to 0.79 for the wing-root inlets were obtained over 
a Mach number range from 0.8 to 1.86 and a Reynolds number range from 
10 X 106 to 30 X 106 . 
The drag of the configuration using the conical-shock scoops was 
higher than the drag of the wing-root-inlet configuration throughout the 
Mach number range . A comparison of the inlet configurations with the 
basic wing-body configuration indicated that installation of the inlets 
increased the drag coefficients at subsonic and transonic speeds, while 
decreasing the drag-rise Mach number. At Mach numbers greater than 1.2, 
it appeared that the increase in drag coefficient due to the installation 
of the conical-shock inlets was largely due to spillage drag, while the 
wing-root-inlet configuration had an external drag coefficient equal to 
or less than that of the basic wing-body model. 
INTRODUCTION 
As part of its research program on air inlets, the Pilotless 
Aircraft Research Division of the Langley Aeronautical Laboratory is 
currently conducting a free-flight investigation to determine the effects 
of the installation of inlets on airplane configurations. Data are pre-
sented in reference 1 for two versions of a supersonic swept-wing inter-
ceptor configuration equipped with an inlet designed to supply air to a 
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single engine . The investigation reported herein was conducted on a 
design suitable for a mult i engine airplane ) such as a high- altitude 
supersonic bomber . 
The basic wing-body combination selected was a low-drag configura-
tion of reference 2) and consisted of a 600 delta wing having an NACA 
65A006 airfoil section parallel to the free- stream direction) mounted on 
a parabolic body of revolution . This basic wing- body combination was 
modified to allow the installation of inlets and ducting suitab le for a 
multiengine configuration . Because of the center - of- gravity location of 
the design airplane) the wing was located about 0 . 14 mean aer odynamic 
chord rearward of i ts positi on on the basic wing- body configuration) so 
that the trailing edge intersected the base of the body . In keeping with 
the idea of testi ng airplane configurations) the twin vertical fins used 
in reference 2 were replaced by a single vertical 600 delta fin . 
Two models were tested) each utilizing a different type of inlet . 
One model had semicircular t win scoop inlets of the conical- shock type 
installed just ahead of the wing leading edge . The other model had twin 
modified triangular inlets installed in the leading edge of the wing . 
The tes ts wer e made with rocket- propelled models in free flight at the 
Langley Pilotless Aircraft Research Station at Wallops Island) Va. Data 
are presented for a Mach number range from 0.8 to 1.86 . 
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SYMBOLS 
cross - sectional ar ea) sq in . 
drag coefficient) 
chord) in . 
model length) 65 in . 
Mach number 
r atio of duct mass flow to the mass flow through a free- stream 
tube having an area equal to the proj ected frontal area of 
the inlet 
static pr es sure ) lb/sq ft 
Reynolds numb er 
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S total wing area, 7 . 567 sq ft 
t thickness, in . 
x axial distance measured from tip of model nose, in . 
I 
X axial distance measured from leading edge of wing, in . 
ratio of specific heats, 1 .40 for air 
cowling position parameter ( angle between vertex of cone and 
lip of inlet ) 
Subscripts: 
B base 
D duct 
T total 
i inlet 
int internal 
MODELS 
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Photographs of the models are presented in figure 1, and sketches 
are presented in figure 2 . Both models were derived from the same basic 
configuration, model 5 of reference 2, consisting of a 600 delta wing 
with an NACA 65A006 airfoil section parallel to the free stream, mounted 
on a parabolic body of revolution (table I) . The present models were 
made one-half the scale of the model of reference 2 and equipped with an 
internal sustainer rocket motor to increase the maximum Mach number of 
the tests. The wing was moved rearward about 0 . 14 mean aerodynamic chord, 
so that the trailing edge passed through the base of the body. A single 
600 delta fin having an NACA 65A004 airfoil section parallel to the free 
stream was mounted vertically at the rear of the body to furnish direc-
tional stability. 
Modell (fig . 2(a)) had a conical- shock inlet on each side of the 
body just rearward of the maximum body diameter and ahead of the wing 
leading edge . Details of the inlet, its installation, and the ducting 
are shown in figure 3(a) . The inner body, a 250 half-angle cone posi-
tioned with a value of 8 Z = 42 .5
0
, was mounted on a boundary- layer 
splitter plate which was concentric with the body and swept from the tip 
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of the cone to the inlet lip . The splitter plate was separated from the 
body by a 3/8- inch-high boundary- layer diverter with an initial total 
angle of 400 . 
The inlet had internal and external cowl- lip angles of 00 and 170, 
respectively . The minimum duct area was at the inlet station and was 0 . 73 
of the inlet capture area . The inlet capture area (for both inlets of 
model 1) was 9 . 60 square inches. Each inlet was faired into its own semi-
submerged nacelle which housed the individual ducting and ended in an indi-
vidual exit at the base of the model, as shown in figure 3(a) . The vari -
ation of duct area along the length of the model is presented in figure 4. 
Externally, the surfaces of the semisubmerged nacelles were parallel to 
the free- stream direction from the wing leading edge to a point 4 inches 
forward of the trailing edge . The last 4 inches were boattailed with an 
angle of 4 .40 . Coordinates of the external contours of the ducting are 
presented in table II . 
Model 2 had modified triangular- shaped inlets located in the leading 
edge of each wing . Space for the inlets was provided by modifying the 
inboard section of the wing as shown in table III . The modification was 
achieved by providing a constant 6- percent- thick section along the theo-
retical root chord from the 5- percent- chord point to the 70- percent-chord 
point . Ahead of the 40- percent- chord line, the inboard section was modi-
fied only over the portion of the span that enclosed the inlet ducting, 
8 . 20 inches from the body center line . This portion of the modified air-
foil was defined by joining the root section to the modified section 
8.20 inches from the model center line (see table I I I) with straight - line 
elements along constant values of x/c. The resulting discontinuity in 
wing thickness at this spanwise station was faired arbitrarily . Rearward 
from the 40- percent- chord line to the trailing edge, the airfoi l shape 
was modified 10 . 5 inches out from the model center line. The external 
contour in this region was formed by joining the modified root- chord air-
foil section of table III to the standard airfoil shape by straight- line 
elements along any constant value of x/c . 
Details of the inlet and ducting are shown in figure 3(b ). The inlet 
lips, which were internally rounded, were staggered by reducing the sweep 
angle of the lower lip to 570 . The resulting stagger angle varied with 
span from 42 . 250 at the inboard end to 38 .420 outboard . The projected 
frontal area of both inlets was 9 . 10 square inches. The floor of the 
duct was raised 3/8 inch from the body by a boundary- layer diverter having 
an initial angle of 500 . Beginning at a point just downstream of the lip, 
the floor of the duct was parallel to the body center line until the 
entering airflow was completely enclosed . Transition was then made to a 
section similar to that of model 1 by curving the duct center line and 
increasing the duct width . The longitudinal variation of duct area is 
presented in fig . 4 . 
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Externally, the portion of the ducting of model 2 that exceeded 
the wing thickness was enclosed by a fairing, beginning at fuselage sta-
tion 31 .2 and extending to the base of the model . The last 11 inches of 
this fairing were identical to that of model 1. External coordinates of 
the fairing are presented in table II . 
For both models, the duct exits were made larger than the mlnlffium 
area of the inlet to insure achievement of maximum mass-flow rates. The 
exit areas for both ducts totaled 8 . 16 square inches for model 1 and 
8 . 83 square inches for model 2. The base areas were 20 . 80 square inches 
and 20 . 13 square inches for models 1 and 2, respectively . The longitu-
dinal area distributions of the models, adjusted for the mass-flow rate 
at M = 1.0, are presented in figure 5. The area deducted for the mass-
flow rate is shown at the bottom of the figure. The area distribution 
of the basic wing-body model of reference 2 is also shown for comparison . 
I NSTRUMENTATI ON AND TESTS 
Each model was equipped with an accelerometer which measured longi-
tudinal deceleration, a manifold total- pressure r ake to measure duct total 
pressur e, a static- pressure orifice to measure duct- exit static pressure, 
and six static orifices manifolded together to determine base pressure. 
The locations of the pressure rake and orifices are indicated in figure 3. 
A four-channel telemeter transmitted cont i nuous time histories of these 
data to ground receiving stations throughout the flight . Model velocity 
was determined from a CW Doppler radar velocimeter . The model's position 
in space was determined from measurements made by an NACA modified SCR-584 
radar tracking unit . Ambient air conditions were determined from radio-
sonde measurements made at the conclusion of each of the flight tests. 
The models were boosted to a Mach number of approximately 1 .4 by a 
single Deacon rocket motor . Following the boost per iod, a 3~ - inch rocket 
motor contained in the body accelerated the models to their maximum Mach 
number of about 1 .9 . All data were obtained duri ng the coasting flight 
that followed the second boost period as the model decelerated to subsonic 
speeds along a nearly zero- lift flight path . The Reynolds numbers (bas ed 
on wing mean aerodynamic chord of 2 .42 feet ) that were encountered are 
shown in figur e 6 . 
ANALYS I S OF DATA 
The total drag coefficient was obtained from r eduction of the accel-
erometer data . Decelerations determined from the differentiation of the 
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curve for Doppler velocity plotted against time were used to check the 
accelerometer data . For model 2 , comparison of the two total-drag curves 
indicated discr epanci es i n the telemeter data at subsonic and t r ansonic 
speeds . The telemeter data for this model were ther efore corrected to 
agree with decelerations obtained from Doppler radar measurements . 
The internal dr ag, defined as the momentum difference between flow 
conditions in the f r ee str eam and at the model exit ( r ef . 3 ) , Was deter-
mined from the duct internal- pressur e measurements, a s were the mas s - flow 
ratios . The duct- exi t total pressure , which was assumed to be equal to 
the total pressur e measured by the duct manifol d total- pressure rake, was 
used with the measured exi t static pressure to determine the exi t Mach 
number of the duct . Mass - flow ratios and inter nal drag were then calcu-
lated by using these determined exit conditions . Base dr ag was calculated 
by assuming that the average base pressur e measured by the manifold or i -
fices applied over the entire base area . The external drag was then 
calculated by subtracti ng the internal and base drag from the total dr ag . 
RESULTS AND DI SCUSSI ON 
The total, internal, and base drag coefficients for each model are 
presented in figure 7 as a function of Mach number . The abrupt peaks 
that occur in both the total and base drag coefficients i n the Mach num-
ber r ange from 1 . 3 to 1.6 are associated with afterburning of the internal 
rocket motor . This intermittent burning of residue of the rocket grain 
caused a slight flow out of the rocket nozzle, which affected the base 
pressure significantly without producing any measurable thrust . Exam-
ination of the data shows that the increment in total drag is entir ely 
accounted for by the measured increment in base drag . 
Mass - flow ratios determined from flight measurements are presented 
on figure 8 . For modell, the mass - flow ratios at Mach numbers greater 
than 1.5 are somewhat lower than those of a comparable nose inlet, because 
the inlet is located in a regi on wher e the local flow has been expanded 
over free- stream conditions . Although the inlet lip angles are such as to 
cause a detached shock ahead of the lip over most of the test Mach number 
range, the spillage associated with this detached shock appears to be 
small . The variation of mass - flow ratio with Mach number for mode l 2 is 
somewhat unusual . Considering the relative si zes of the reference inlet 
area, the minimum inlet area, and the exit (fig . 4 ), the mass - flow ratios 
at subsonic Mach numbers appear r easonable . As the Mach number i ncreased, 
however , the mas s - flow ratio dec r eased unexplainably , becomi ng approxi -
mately constant for Mach numbers greater than 1.5. For each model, the 
exit area was larger than the minimum inlet area and it is therefore 
believed that at supersonic speeds these mass - flow rates are the maximum 
attainable for the particular inlet geometry and locati on tested . 
CONFIDENTIAL 
NACA RM L55109 CONFIDENTIAL 
The external drag coefficients for both models are presented in 
figure 9 as a function of Mach number . Since both models are operating 
at maximum flow rates, the drag coefficients are a minimum for the con-
figurations tested. The total drag minus base drag for the basic wing-
body configuration reported in reference 2 is also shown, corrected to 
7 
the average Reynolds number of the present tests . This correction added 
an increment in drag coeffi cient that varied from 0 . 0009 to 0 .0007 between 
8 4 "" M = o. and M = 1 . . A drag bucket occurred for all three models 
between Mach numbers of 0 .95 and 0 . 96 . The pressur e drag over the boat-
tail of the model of reference 4 showed a similar effect. 
The external drag coefficient of model 1 exceeds that of model 2 
throughout the Mach number r ange . At subsonic and low supersonic speeds, 
the difference in drag may be due in part to the difference in spillage 
drag associated with the different mass - flow ratios ( fig . 8 ) for the two 
models at these speeds . As the Mach number increases, the mass - flow 
ratios become more comparable and hence the difference in drag appears 
to be a result of the differ ence i n configurations . 
Comparison of the drag r esults for the pr esent models with those for 
model 5 of reference 2 ( corrected to Reynolds number s of pr esent tests) 
indicates the effect on dr ag of i nstalling the inlet on the basic wing-
body configuration . I n compar ing these results , i t should be noted that 
the installation of the inlet and ducting increased the wetted surface 
area of the configur ation by about 5 percent of the total wing area. 
At subsonic and transonic speeds, the exter nal drag coefficients of the 
inlet configurations were higher than the basic wing- body values . The 
inlet configurations also had lower dr ag- rise Mach numbers and gr eater 
transonic drag increases . 
At supersonic speeds, model 1 had a consistently higher drag coeffi-
cient than the basic wing-body model . Data pr esented in refer ence 5 on 
the external drag of an RM- 10 body equipped with t wo conical- shock scoop 
inlets show a compar able increase in dr ag ov er the body- alone drag. For 
example, at M = 1 . 49 the increase in drag (based on wing area of the 
present tests ) is about 0 .002 . I t appears reasonable , then, to assume 
that the higher supersonic drag level of model 1 is largely the result 
of an increased fuselage drag due to the installation of the i nlets. 
Model 2, on the other hand, had higher drag only up to a Mach number 
of 1.2. As the Mach number increased above this value, the decr easing 
values of drag coeffici ent suggest that installation of this inlet would 
not have increased the dr ag of the basic wing-body model . I t appears 
that the modifications imposed on the configuration by the installation 
of the Wing- root inlets had less effect on the supersonic drag than did 
the installation of the conical- shock inlets . 
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It should be noted that comparison of the external drag coefficients 
of the two inlet configurations does not allow complete evaluation of 
their relative worth. Proper consideration must be given to the effect 
of diffuser total- pressure recovery on the engine thrust characteristics . 
Since there was no external compression for the inlets of model 2, the 
conical- shock inlets of model 1 would be expected to have better total-
pressure recovery than the wing-root inlet of model 2 at Mach numbers 
gr eater than 1 .5 . Thus, on the basis of thrust minus drag, the two con-
figurations would appear more near~ equal . 
SUMMARY OF RESULTS 
Zero-lift drag data are presented for two 600 delta-wing configura-
tions employing air inlets over a Mach number range from 0.8 to 1 . 86. 
One model had twin conical-shock inlets installed just ahead of the wing-
body juncture, which operated at mass - flow ratios from 0.72 to 0.90 over 
the tes t Mach number range. The other model employed a pair of modified 
triangular inlets installed in the inboard portion of the wing leading 
edge, which operated at mass-flow ratios from 0.94 to 0.79 over the Mach 
number range. Comparison of the external drag results of the two inlet 
configurations and the basic wing- body drag results previous~ published 
produced the following results: 
1 . The drag of the configuration employing Wing-root inlets was 
lower than that of the configuration with conical-shock inlets throughout 
the test Mach number range . 
2. Installation of inlets resulted in higher drag at subsonic and 
transonic speeds as compared with the basic wing-body drag results. 
3. At Mach numbers greater than 1 .2, the external drag coefficient 
of the configuration with wing-root inlets was equal to or lower than 
the drag of the basic wing-body configuration, whereas the drag of the 
configuration with conical- shock inlets exceeded the drag of the basic 
wing-body configuration at supersonic speeds. 
Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Langley Field, Va., August 29, 1955. 
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TABLE I. - BASIC FUSElAGE COORDINATES 
~_x~_J ______ ----_J 
x) in. rl' in. 
0 0 
·390 .097 
·585 .145 
·975 .239 
1·950 .469 
3·900 ·902 
5. 850 1.298 
7. 800 1.658 
11·700 2.267 
15·600 2·730 
19·500 3.047 
23.400 3.218 
27·300 3 .248 
31.200 3.221 
35·100 3.161 
39 ·000 3.069 
42.900 2·943 
46.800 2·785 
50 ·700 2·594 
54 .600 2.371 
58 .500 2.115 
62 .400 1.825 
64 .000 1·750 
65 ·000 1·750 
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TABLE II. - EXTERNAL COORDINATES OF DUCT 
Model 1 
x, in. d, in. r 2, in . 
27·085 3·750 1 .680 
x, in. 
31.2 
(table I) 
r2 
Model 2 
d, in . 
1.471 
r2' in. 
1·750 
30.875 3 ·750 1.750 Straight line taper 
I I 52 . 0 3.640 1.750 54 . 0 3·750 1·750 
61.0 3 ·750 1 ·750 61.0 3·750 1·750 
Straight line taper Straight line taper 
65.0 I 3 ·750 I 1.442 65 · 0 I 3·750 I 1.442 
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TABLE III. - COORDINATES OF MODIFIED AIRFOIL SH:TION OF MODEL 2 
I 
8.20" 
_L 
Root section 
x'lc, t ic, 
I 
Modified airfoil 10·50" 
/ 
/ 
/ I 
/ , 
/ 40- percent-chord line 
Model <L 
43.55" ----------1 
Outboard section 
( 8 .20 inches from root chord) 
X I Ie, t ic, 
percent chord percent chord percent chord percent chord 
0 2.46 0 0·91 
· 50 2·53 · 50 1.00 
·75 2.60 ·75 1.03 
1.25 2. 69 1.25 1.13 
2·50 2.89 2·50 1.34 
5 ·00 3 ·00 5·00 1.66 
70.00 3 .00 7·50 1.92 
75·00 2·91 10.00 2.36 
80.00 2.62 15· 00 2·54 
85 ·00 2.09 20.00 2.66 
90 .00 1.45 25·00 2.81 
95 · 00 0·75 30 .00 2· 94 
100 . 00 0 .02 35 ·00 2· 97 
40·00 3 ·00 
Downstream of 40-percent -chord line, external cont our is formed by 
straight -line elements a l ong constant chord line from root section to 
true airfoil section, 10 . 50 inches from root chord. 
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Figure 7.- Total , internal, and base drag coefficients as a function of 
Mach number . 
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Figure 7.- Concluded. 
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Figure 8 .- Mass-flow ratios of models as a function of Mach number. 
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Figure 9 .- Exter nal drag coefficient as a function of Mach number . 
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